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Abstract

In this paper, the design of a control law is investigated in order to overcome the high angle of attack
manoeuvring control problem. Both linear and nonlinear design methods are analysed with theoretical
background. While, linear control laws are synthesized using eigenstructure assignment, the nonlinear
control laws are derived by nonlinear dynamic inversion technique. Effectiveness of the proposed
control strategies are tested with a high angle of attack manoeuvre on F-16 aircraft model. Superiority
of the nonlinear dynamic inversion is demonstrated with graphical results.

1. Introduction

Nonlinear dynamic inversion is the most studied nonlinear control technique for the high angle of attack
manoeuvring problem. Nonlinear dynamic inversion is a feedback linearization method which is based on the
inversion of the system dynamics [1]. Generally, aircraft dynamics can be separated into two; as slow and fast
dynamics and F-16 is not an exception. Slow dynamics are identical for fixed wing aircrafts which can be derived
using wind axis differential equations. Fast dynamics on the other hand are unique for each aircraft and aerodynamic
database must be included while deriving the fast dynamics of an aircraft.

In this paper, a subsonic aerodynamic database which is based on wind tunnel test results of F-16 at NASA Langley
and Ames Research center has been used [1]. This database is valid for —20° < o < 90°, —30° < < 30° and
V' < 0.6Mach flight conditions. Therefore, it is a suitable platform to test newly developed control laws at high angle
of attack region. A 6 DOF mathematical model of F-16 has been developed in Simulink environment. Mathematical
model includes aerodynamic database, engine model, atmospheric equations and equations of motion [3], [4]. Trim
algorithms for level flight, climb, descend and steady level turning flight conditions have been developed [5].
Furthermore, linearization algorithms have been derived based on the small disturbances theory [6].

In order to compare the performance of nonlinear dynamic inversion control law with a linear control law, linear
control augmentation systems for both lateral and longitudinal motion have been designed. Linear control laws were
synthesized with eigenstructure assignment technique. Longitudinal controller is a simple angle of attack control
command system which is designed using short period dynamics of F-16 aircraft. Lateral controller is a sideslip and
stability axis roll-rate command system which is designed using linearized lateral stability axis equations of F-16
aircraft. Design process of linear controllers was finalized with scheduling the gain matrices with respect to altitude
and velocity in order to achieve a full-envelope valid flight control law.

Comparison of linear and nonlinear flight control laws was conducted with a predefined high angle of attack
manoeuvre. This manoeuvre was defined as a rapid and simultaneous pitch-up and roll motion. While, pull-up
motion varies between 20° and 40° of angle of attack, roll motion is kept constant at 120° of bank angle. With
increasing values of angle of attack, the longitudinal and lateral dynamics cannot be decoupled, therefore the
manoeuvring capability of gain scheduled linear controller and nonlinear dynamic inversion controller becomes
significant.

Copyright © 2017 by Onur Albostan. Published by the EUCASS association with permission.
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. engine angular momentum [
: moments of inertia [kg m?]
: product moment of inertia [kg m?]
. center of gravity

. reference x., for aerodynamic data

. angle of attack [rad]

. angle of sideslip [rad]

. true airspeed [m/s]

. pressure altitude [m]

. gravitational acceleration [m/s?]
. atmospheric gravitational acceleration
. gravitational acceleration at sea level
: normal accelerations [m/s?]

. body axis accelerations [m/s?]

: air density [kg/m3]

. air density at sea level

. air pressure at sea level [N/m?]
. throttle position (0-1)

. aileron deflection [rad]

. elevator deflection [rad]

. rudder deflection [rad]

. leading edge flap deflection [rad]
. body fixed reference frame

. wind axis reference frame

. stability axis reference frame

. body axis reference frame

. roll angle [rad]

. pitch angle [rad]

: yaw angle [rad]

. bank angle [rad]

. flight path angle [rad]

. heading angle [rad]

. angular rates [rad/s]

. body axis moments [Nm]
. drag [N]

. lift [N]

. side force [N]

. thrust [N]

. total force at x, axis [N]

. total force at y, axis [N]
. total force at z, axis [N]

. aerodynamic coefficients

. reference wing area [m?]

: wing span [m]

: mean aerodynamic chord [m]
. kg

: dynamic pressure [ﬁ]

kg m?
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3. Nonlinear F-16 Model Description

Aerodynamic model is based on wind tunnel test results of F-16 at NASA Langley and Ames Research center. This
database is valid for —20° < @ < 90°, —30° < 8 < 30° and V, < 0.6 Mach flight conditions

Engine model has been modelled according to the studies [3] and [4]. Engine model data is valid for V, < 0.6Mach
and h < 15240m flight conditions.

Control surface actuators are modelled according to the parameters given in Table 1.

Table 1: Actuator Model Parameters

Control Position Limit | Rate Limit Time Constant
S, +25° 60d/s 0.0495s
o +21.5° 80d/s 0.0495s
o +30° 120d/s 0.0495s

SLEF 0,25° 25d/s 0.136s

Leading edge flap actuator is modelled in an open loop structure. The leading edge flap position is scheduled with
angle of attack.

S.er = 1.38 (ﬂ) a—9.05 (g Vtz)%z +1.45 1)

s+7.25

Reference frames are demonstrated in Figure 1.

BODY
Y-AXIS

X—AXIS
(BODY)

v e X-AXIS
BODY (STABILITY)
Z-AXIS X—AXIS

(WIND)

Figure 1: F-16 Reference Frames

Transformation among the reference frames can be stated as follows:

X1 -B a V6.9
Fo — Fy— Fs—>Fp  © Fo — Fp
where

y = sin"*(cos a cos B sin f — sin 8 cos 6 sin ¢ — sin a cos B cos 6 cos ¢) 2

o= tan‘l (cos a sin 8 sin 6.+cos.ﬁ cos 0 sin ¢—sin a sin 8 cos 6 cos ¢>) (3)

sin a sin 8+cos a cos 6 cos ¢
— tan-1 (cos a cos B sin Y cos O+sin B(sin P sin O sin ¢p+cos ¢ cos YP)+sin a cos B(sin Y sin 6 cos p—cos P sin qb)) (4)
= cos a cos 8 cos 1 cos B +sin B(cosy sin 6 sin p—sin P cos ¢)+sin a cos B(cos P sin O cos ¢p+sin ¢ sin P)
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4. Nonlinear Dynamic Inversion

Since there is significant time scale difference between slow and fast dynamics of the F-16 aircraft, nonlinear
dynamic inversion method can be applied at two steps [1]. In the first step slow dynamics are inverted to design a
controller for a, 8, u inputs and p, g, r outputs. In the second step, fast dynamics are inverted for p, g, r inputs and
8., 04, 0, OUtpULS.

Aircraft motion can be expressed in nine state equations:

VTzi(—D+Tcosacosﬁ)—gsiny (5)
oo _ . _ 1 . Jatm COSy cos [

a=q—tanB (pcosa + rsina) ——— (L+Tsina) + S VreosE (6)
B=—rcosa+psina+i(Y—Tcosasinﬁ)+w @)

mVr Vr
y = #[L cosu — Y sinu + T(cos a sin B sin i + sin a cos u)] — g;ﬂcosy 8)

T T

b= W+ mLVT[Ycosutany + L(sinutany +tanB) + T(sinatany siny + sinatan § —
cos a tan y cos p sin B)] — Zatm Cos]‘;cosﬂtanﬂ 9)
T
. 1 . . . .

X = sy [L sinp + Y cosu + T(sinasinu — cosasin S cos p)] (10)
p = (ci7 +¢2p) @ + 3 R+ c4(N + qheny) (11)
q =Cspr — C6(p2 - TZ) + C7(M - Theng) (12)
7= (cgp —C7)q+ 4R+ cg(N + qheng) (13)

where
¢ = ((Iyy - Izz) ' Izz - IxZZ)/(Ixx ) Izz - Ixzz)l C; = ((Ixx - Iyy + Izz) ) Ixz)/(lxx ' Izz - IxZZ)l
€3 = zz/(lxx ' Izz - Ixzz)v Cy = Ixz/(lxx ' Izz - Ixzz)l Cs = (Izz - Ixx)/lyy! Ce = Ixz/Iyyi C7 = 1/Iyy,

Cg = (Ixx : (Ixx - Iyy) + Ixzz)/(lxx I, - Ixzz): Cg = Ixx/(lxx 1, — Ixzz)-

In equations (5) to (10) aerodynamic forces can be replaced by normal accelerations [7]. Transformation among wind
axis aerodynamic forces and body axis forces are defined in terms of @ and 8.

X —cosacosf —cosasinff sina 1[D
v|= —sinf cos 8 0 Y (14)
Z —sinacosff —sinasinff —cosalllL
Normal accelerations are calculated from body axis forces.
X+T Y Z
asz, ayza, azzz (15)
where
ay = Ay, + arm sinb, a, = A, — garm sin@cosf and a, = A,, — gaem oS cos .
Now, it is possible to represent the wind axis dynamic equations in terms of normal accelerations.
VT=axcosacosﬁ+aysinﬁ+azsinacosﬁ—gsiny (16)
a@d=q—tanpB (pcosa +rsina) — ” Closﬁ (—aysina + a, cos @ + ggim COS Y COS 1) an
T
5 . sin 8 . ay Jatm .
B =-rcosa+psina —V—(axcosa + a,sina) +V—cosﬁ +=, cosysinu (18)
T T T
y = %(sinacosu + cos asin B sinu) — %cosﬁ sinp + %(— cosa cos y + sinasin B sin u) — g;””cosy (19)
T T T T
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(tany sin u+tan )

. p cos a+rsin a .
=—B+—ycos,8cos,utany+(axs1na—azcosa) — (aycosa +
cosfB Vr Vr
. (tany cos usin B) cosy cos utan
a, sin (Z) Y Hu B _ Yatm Y U B (20)
Vr Vr
. ay (sinusina—-cosacosusinf) , aycosfcosp a; (cos a sin pu+sin a sin § cos @) (21)
Vr cosy Vr cosy Vr cosy

3.1 Outer Loop - Slow Dynamic Inversion

Slow state dynamic equations represent the relationship among wind axis angles and angular rates. Equations (17),
(18) and (20) can be represented in the matrix format.

feVra, B, y) | + sina 0 —cosa ||q
fuVra, B, 1,7) cosa/cosfp 0 sina/cosp Ilr

a fa WV, a, B, y) —tanfcosa 1 —tanBsina]p
] B e
[

where

fa(VTJ a!ﬁ!”t]/) = -

1
Vrcosf

(—aysina + a, cos @ + guim COS Y COS 1),

Jatm
Vr

feVr a, B, 1,y) = —%(ax cosa + a,sina) + cosy siny,

(tany sin u+tan g) (tany cos usin B)

fuVra, B, u,y) = %cosﬂ cosutany + (a, sina — a, cos a) — (aycosa + a, sina)

Vr Vr
Jatm COSy cos utanf
Vr '
Desired angular rates can be calculated using the dynamic inversion technique.
Dec —tanfcosa 1 —tanBsina]’ [[da faWVr a, B, 1, 7)
[qcl = [ sina 0 —cosa Bal = eV @, B, 1,7) (23)
T, cosa/cosf 0 sina/cosf Ly fulVr, &, B, 1, 7)

Slow dynamics are invertible unless 8 = ¥ /2.

@y, By and fi,; are computed with proportional controllers with respect to pilot commands. Proportional gains
(WO!’WB'W#) are generally set to 1 or 2 rad/s in the outer loop [1]. Block diagram of the outer loop dynamic
inversion control is demonstrated in Figure 2.

P, QR
Axb’Ayb'Azb
0,0
a.  + ] &g I+ !
1 | Pc
— oL Wa | 1 — i
1 1
Be y e B4 ' + Matrix ' 4
- E— 1 — Multiply 1
. 1 I T
[ T I
- : gsl_l(xz) :
. fulx) ceat !
1 ate |
1 f5&) Equations I
1 fa(x1) |
1 1
:Outer Loop NDI Control Law :
I
B
a

Figure 2: Outer loop slow dynamic inversion
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3.2 Inner Loop - Fast Dynamic Inversion

Fast dynamic equations represent the relationship among the angular rates and the control surface deflections.
Equations (11) to (13) can be represented in the matrix format by deriving the aerodynamic moments.

D fp(xl) gl’aa(xZ) 0 s, ( 2)
[Q] = fa(x) |+ 0 9as, (*2) [ ] (24)
' fr(x1) gr(ga(xz) 0 (xz)

where
x; = Vr,a,8,0,4,7,8.6r, 8¢), x2 = (@B, 8¢, 8155, Q )
f,(x1) = c1q7 + ¢;pq + c3Q.Shl + ¢4,Q.ShA + c4qheny,
fa(x1) = cspr — cs(p* — %) + ¢;Q.SCM — ¢;7hgpyg,
[ (1) = cgpq — co7q + c4Q.Shl + coQ S + Coqhengy
with aerodynamic coefficients;
= 60, @B + Z-{C (@ + 80, (@(1 = Gur/29)}+ 5-{C (@) + 8, (@)(1 = Guer/25))} +
Cz(a,ﬂ' 8.) + 5C1LEF(1 (5LEF/25))
m = Cy

T mse 63

CM=

8 (@) + 2 {C g (@) + 8¢, (@(1 = Bur/29)]} + 6Cmyr (1 = (Bur/25)) + Cp(@, 8,4, 6.) (Xeg, =
xcg) + 6Cm55(a' 6e) + Cm(a' B' 5e)

s, = (Cup (@.B,q,6, +0.1) = Cyp, (@, 8,4, 8, — 0.1)) /(0.2(/180))

= 86, (O + 2 {Co, (@) + 8, (@1 = 6ur/29))} + - {Cap (@) + 86, (@)(1 = G /25))} +
Col,6,) + 8Cae (1 = B/ 25))

and

Gps, (x2) = ((56% /21.5)cs + (5Cn6a /21.5) c4> 0.Sb

Gps, (x2) = ((6% /30)cs + (s%r /30) 04) Q.Sh

9qs,(X2) = QcSCTg,

Gy, () = ((56% /21.5) ¢, + (8¢, /21.5) c9> 0.5b

915, (2) = ((8cs5,/30) 4 + (8¢, /30) co) Q.5

Desired control surface deflections are calculated by dynamic inversion technique.

-1
9ps, ( 2) 0 Ips, (X2) Da fp (1)
Gas,(2) 0 ' ] ~ i) (25)
Irs, (xz) 0 Grs, (x2) fr (1)
Pa» Gq and v, are computed with proportional controllers with respect to outer loop angular rate commands.
Proportional gains (wp,wq,wr) are generally set to 5 or 10 rad/s in the inner loop [1]. Block diagram of inner loop
dynamic inversion control is given in Figure 3.
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p.qr
Vra, B
Qc'aeraLEF

pe + . 1 1
—>( —{w R 1o O

1 1
e Ny vy da | 1 Matrix 1 e

- — 1 — Multiply 1
1 [
e I f‘d 1 + -

Wr T 1

— 1 - -1 1

| Gs, (xs) I

| fr(x3) |

: e ] Sta;e :
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q
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Figure 3: Inner loop fast dynamic inversion

In Figure 4, the resultant control law structure is shown as the combination of outer and inner loop controllers. The
dash line indicates the virtual control loop which generates the necessary pilot command . In this control loop, a
first order low-pass filter with a time constant of 0.25s is included in order to build a proper pilot signal.

@,6
4 b’AJ"b Azb
P.q.7
a, + é Pt — Pa )
»« w, d >(_ Wp é
a
" 5 Quter Loop + dg Inner Loop 5 Actuator
Be wg Fa NDI Control e =) Wy NDI Control  —2=5| +
- " Law - Law Aircraft
“ + fig T 8, e
L N S ol d KN
|
|
|
Y
B q p.q,7
@ P
Qc. 8088
Vr
—>
Vr o B

Figure 4: Nonlinear dynamic inversion control

4. Eigenstructure Assignment

Eigenstructure assignment is a linear control technique which places the closed loop poles into desired locations and
for multi input systems, it also gives the designer a flexibility to manipulate the corresponding eigenvectors. For a
linear time independent system with n states and m control inputs (m < n), the designer can arbitrarily assign the m
elements of the each eigenvector [8].

4.1 Longitudinal Linear Control Law Design

Longitudinal control law is based on the linearized short period dynamics of the aircraft. Linearized longitudinal
state equations are derived in terms of small perturbations [6].

[§CI] = Aion [22] + Bionlde

s (26)
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where
Aq q(®) —q*
Aa | =] a(t) —a®® |, ()4 is the trim condition and ¢q®? = 0.
DSl |8.(t) — 6.
An angle of attack command tracking system can be designed by including an additional error state (¢, = Aa™ —
Aa).
. [Ad Aq 0
—|Aa| = Ay, [Aa| + By AS, + |0 AT 27)
dt
$a $a 1

If we assume that Aa"®/ is a step input then the steady state system behaviour can be represented as shown in the
equation below [9].

Aq(t) — Aq(eo) Aq(t) — Aq(o)
= |Aa(t) = Aa(e0) | = Aoy [Aa(t) = Aa(00) | + Bion [48,(£) — A5 (0)] (28)
fa(t) - Ea(oo) 'Sa(t) - Ea(oo)

Since this is a single input system, an asymptotically stabilizing gain matrix K, can be calculated using eigenvalue
assignment technique. For K,,,, = [kq ke« —k;] the block diagram of the control system is given in Figure 5.

Aq

Al % 2 AG,

Aa

1 [aq (S)]
AS, [Aa (5)

Figure 5: Longitudinal linear control system

Computation of the gain matrix is illustrated with an example. Longitudinal aircraft dynamics are linearized at a trim
condition of 10kft and 200kts.

Ag —0.772 -1.012 0][Aq —3.635
Ad|={0927 -0574 O0f|Aa|+[-0.078|A6,
¢a 0 -1 0lL¢, 0

Controllability matrix:

—3.635 2.8852 1.1374
C, =|-0.078 —3.325 4.583 |, rank(C,) = 3 = the system is controllable.
0 0.078 3.325

The system can be transformed into controller form by the similarity transformation matrix P.

t —0.0001 0.0067 0.2916
P=|%Aon |=| 00063 —0.2953 0 where £ = C, *(n,:) and (n,:) denotes the n row.
LA10n° —0.2786 0.1631 0
The controller form of the linearized system can be computed as:
0 1 0 0
A. = PAp, P71 =0 0 1 and B. = PB,, = |0|.
0 -—1.3813 -1.346 1

A basis vector [M;  —D;]" of the controllable pair (A, Bion) for the closed loop system pole s; satisfies:
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M;
[Sjl — Aons Blon] [_Dj] =0 (29)
where
P71S(s;) -1 3, 2 ;
[ ] (s and D(s) 2 B,,” [A(s) — A,S(s)] = s° + 5%1.346 + s 1.381 with
j

An=A.(:)=[0 —1.3813 —1.346]

B, =B.(n,:) =1

A(s) 25t =53

S()2[1 s - s™"=[1 s s2|".

v; is defined as the corresponding right eigenvector of the closed loop system pole s;.

Yj
[si1 = Aton Bion] [Kzonv,-] =0 (30)

For single input systems, the following equation is defined [10].

Klonv]] [D] (31)

where K, = —WV™t , W=I[D; D, Dzland V=[vi V2 UVs3].

If the desired closed loop poles are selected as s; , = —1.2 + 1.2j and s3 = —6 then accordingly the basis vectors are
calculated as following:

2.41 + j8.06 —118.81
M, 4.12 —j3.89 M, M T M, 17.77
—Dl] = [3.34+j0.09] _Dz] - —DJ and [ ] = | 296
—-1.8—j1.24 175.83

W and V matrices are calculated as following:

, [.1* refers to complex conjugate.

241+ j8.06 2.41-8.06 -118.81
412 -j3.89 4.12+j389 17.77
3.34+0.09 3.34—,0.09 2.96

=[18+,1.24 18-j1.24 -17583] and V =

and finally the gain matrix is:
Kion = —WV™' =[-1.867 —3.428 5.038].

4.2 Lateral-Directional Linear Control Law Design

Lateral-directional control law is based on the linearized dutch-roll and roll-subsidence dynamics of the aircraft.
Linearized lateral-directional state equations are derived in terms of small perturbations and transformed into stability
axis state variables [6].

ars A AS
[Aﬁ = A | 88 | + Buae [ 157] (32)
Aps Aps "
where
_ req
[Ars] r(t) — 7
Ap [ B(t) — p? ]
Apg | =[ps(t) — s , () is the trim condition and 7,67 = B4 = p.°7 = 0.
lA5aJ [5a(t) - Saeq|
A5 1 1s,(t) -6,
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A stability axis roll rate and sideslip angle command tracking system can be designed by including the additional
error states &, = Ap,"* — Ap, and &5 = AB™ — AB.

[as|  [as 0 0
A A 0 0
A ref
L18ps | = A | BPs | + Bay A% +l0 0 g (33)
dt AS | [[A ref
g ¢ r l1 0| LAPs
Eps fps 0

If we assume that AB™®/ and Ap,"®’ are step inputs then the steady state system behaviour can be represented as
shown in the equation below [9].

Ary(t) — Arg(e0) Ar(t) — Ary(o0)
[ AB(t) — AB (o) ] [ AB(t) — AB (o) ]

—I Aps(t) — Aps(0) I Alqe | APs () = Aps(e) | | Biat
| €p(t) —&p(o0) | | €p() —&p(0) |
L £, (&) = &,,(0) | | £, (8) — &y, (o) |

[0 0]
0 0 re _ ref (oo
A54(t) — A64(e0) 0 [AB F(t) = AR () (34)

+10
A5, (t) — AS,.(o0) 1 Aps"¢f (£) — Aps™ (c0)

0 1

Since this is a multi-input system, an asymptotically stabilizing gain matrix Kj,; can be computed using
eigenstructure assignment technique.

For Ko = [Kry kg kp, —kip —ki,] the block diagram of the control system is given in Figure 6.

Ar,
agref T sﬂ
— O i
ApeT | )
—_’C)_’kip/‘g
|

Figure 6: Lateral linear control system
Computation of the gain matrix is illustrated with an example. Lateral-directional aircraft dynamics are linearized at

a trim condition of 10kft and 200kts.
[Ars] 1487 —1.53
AB [o 0074 0.021 l
+

A1 r—0.383 488 0172
AB [0994 —0.147 0.0024

00

0 0}
Aps 1.0017 -—13.84 —1.476 0 0]|Aps 1201 21096 [M
t & 0 -1 0 0 ol $p l J
& 0 0 -1 0 0J &, 0

Controllability matrix:

0.007 0.021 -1.508 1.522 2.851 ]|
—12.01 2.109 19.11 —4.937 —9.945:- | ,
0 —0.007 -0.021 1.508
l O 0 12.01 -2.109 -19.11 J

[ 1487 —153 =26 1.051 —3.076
|
= [bl bz Abl Abz Azbl "' |

rank(C,) = 5 = the system is controllable.

The system can be transformed into controller form by the similarity transformation matrix P. Matrix P can be
constructed by the following steps:

10
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Step 1: Reorder the first 5 linearly independent columns of C, in the order of [b;  A;uchy  Ayge’by by  Ajgebs,]
Step 2: Compute the inverse of the matrix C, in Step 1.

Step 3: Determine controllability indices p; & p,. (u; = 3 & pi, = 2)

Step 4: Take the rows p, and y; + , in G, as £, and 2.

Step 5: Construct the similarity transformation matrix as P = [£;, 2,410 141> €2 £2A10:)"

The controller form of the linearized system can be computed as:

[0 1 0 0 0 1 [O 0 1

| 0 1 0 0 | |0 0 |
A, =PA,Pt1=|0 -5254 —-1846 0 -1.074|and B, =PB,,, =1 -1.018]{.

0 0 0 0 1 0 0

0 3.733 0 0 -0.16 0 1

A basis vector [M; —D;]" of the controllable pair (A4, Bj4.) for the closed loop system pole s; satisfies:

M;
[5j1 = Ataes Buae] | | = 0 (35)
]
where
~'5(s;) 3 +521.846 + 5 1.454 $21.018 + 5 1.237
and D B, "'[A A4S =[s + s21. +s1. s21. +s1. with
[ ] [ ] (6) £ B {A(S) = AnS()] 3.733s s + 5 0.1602
A = A(ul,. ] [0 —5254 —1.846 0 -1.074
m = Ay + o)) 3.733 0 0 -0.16
B.(uy,:) ] —1.018 th
B, = : , 1) denotes the row e.g.
m B.(uy + thy):) 1 ] (m1,1) Hq g
N S/'ll 0
IS T AV S A
B S o 1" 1 s s2 0 01"
S s s —
(s) £ [o 0 «« 0 1 s - skt 00 0 1

v; is defined as the corresponding right eigenvector of the closed loop system pole s;.
Yj
[Sjl - AlatrBlat] [Klatvj] =0 (36)
For multi input systems, the following equation is defined [10]:

Klatv]] [ ]aJ @ € C™ (37)

where;

Kige = —-WV™Y, W =[Dyja; Dya, Dsa; D,a, Dsag] and V=[v1 V; V3 V4 UVs].

If the desired closed loop poles are selected as s;, = —0.9 £ 0.9j , s; = —4.5, s, = —5.5 and s; = —6.5 then
accordingly the basis vectors are calculated as following:
—0.13 —j2.28 0.01 —;0.01 1 - 2946 0.07 1
1.34—-j1.36 —0.03 +,0.03 6.87 —0.13
M 2.75 + j16.7 9.11 —j9.11 —22946 4553
B ] =| 15+/0.01 ~0.03 |, ] [ ] [ ] 153  —0.03
! —7.75+j10.8 10.12 —51 10.12
0.15-;0.22 -1.11-j0.54 —-60.3  15.05
| 3.36 —j3.36 —0.14 — j1.48] L 16.8 19.53
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r 44.18 0.09 1 r 61.88 0.01 1
8.44 —0.16 10.03 —-0.19
M —346.5 55.65 M —487.57 65.77
_5 ] =| 1.54 —0.03| and [_5 ] =| 1.54 —0.03], [.]* refers to complex conjugate.
* -63  10.12 > -75  10.12
—118.54 24 —206.1 34.97
- 20.53 29.37- L 24.27 41.21-

Since the system has two control inputs, the designer can arbitrarily assign the two elements of each eigenvector.
Hence, the dutch-roll and roll-subsidence modes can be decoupled by eliminating the cross coupled terms in
eigenvectors [11].

S
Aps - 10 0 x| 10} [x
2 BB B

Proposed eigenvector structure can be achieved by the appropriate selection of a; vectors. An appropriate selection
might be achieved by the inverse solution of the problem.

a; = M1(3,=)]'1 10‘1"] @ = a, ay=|Me(L0) - [10—4 [ nER )] [10 10
M5, 0)] Tromrel TR T T Mg (2, 0) M,(5,)1 L1072
a0 = [Ms@O™ [10—4
> MS(Z':)
The resultant eigenvector satisfies the desired structure.
0.52-40.99 0.52+;0.99 0 6.19 0 1
| 09-j02  09+j0.2 0 1.03 0 |
V =[Ma, Ma, Mzaz; M,a, Msas]= 0 0 —0.025 0 —0.028
0.61 +,0.38 0.61—,0.38 0 0.187 0
0 0 —0.0056 0 —0.004

The gain matrix K, assigns the closed loop poles to desired locations and also builds the decoupling eigenvector
structure.

—1.0183 2.1932 -0.9738 -1.2361 2.9239

— -1 —
Kiae = =WV —5.3226 509256 —1.0292 —7.0369 2.7808

12



DOI: 10.13009/EUCASS2017-228

HIGH ANGLE OF ATTACK MANOEUVRING CONTROL OF F-16 AIRCRAFT BASED ON NONLINEAR DYNAMIC
INVERSION AND EIGENSTRUCTURE ASSIGNMENT

5. Simulation Results

Proposed control strategies in section 3 and 4 were subjected to a supermanoeuvrability test. A super-manoeuvre can
be defined as a rapid and simultaneous pitch-up and roll motion. Three triangular form pitch-up motions of 20°,
30°and 40° angle of attack has been aimed with a synchronized roll motion of 120° bank angle. Simulations were
initialized with the 10kft pressure altitude and 200kts airspeed trim condition. Engine power has not been changed
during the simulations. Linear controllers were scheduled with respect to airspeed and altitude in order to adapt the
changing flight conditions.

In Figure 7, results of 20° angle of attack manoeuvre are presented. Both linear and nonlinear controllers were able
to perform the manoeuvre since this is a pre-stall region. However, the sideslip motion could not have been
eliminated by the linear controller.

30° angle of attack manoeuvre results are demonstrated in Figure 8. Results show that the linear controller is still
able to perform the manoeuvre but the tracking performance becomes unsatisfactory. In addition the aileron and
rudder control surface deflections were saturated; therefore the proper control of sideslip angle could not have been
achieved.

In Figure 9, it can be seen that the linear controller is not able to control the aircraft at 40°angle of attack. Nonlinear
controller on the other hand can still conduct the manoeuvre as expected.

20 7 5 150 ‘f ‘f
[ == === Ref | |
'h\ —EA 100 — et |
15 ”/ 3 —— NDI[] 5 0V = —_EA
o) f 3 ) Q = NDI
=) I} \‘ ) == ref ) 50 L
3 10 a -5 —EA |1 = )
= NDI
-1 : -
50 10 20 30 O0 10 20 30 500 10 20 30
time(s) time(s) time(s)
0 i 20 , f F :
—_—EA 1 —_—A 1 p—
a == NDI a 10 } === NDI - 20 ‘ — Elgl I
g 5 [~ ) g o0
OOCU oom 0 V !/\O/h
0 | P: -20 {
-1 } -10
0 10 20 30 0 10 20 30 0 10 20 30
time(s) time(s) time(s)
250 11000 F '
= "\ —EA
—— DI =
w . 10000 Eu
£ 200——~rt £ £
>~ —FA < 9000 T 09
- e | T
0O 10 20 30 800010 20 =0 2000 o
time(s) time(s) North(f) °°  East(ft)

Figure 7: 20° angle of attack manoeuvre
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Figure 8: 30° angle of attack manoeuvre
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Figure 9: 40° angle of attack manoeuvre
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6. Conclusion

Control methods for high angle of attack manoeuvring problem have been investigated. Nonlinear dynamic inversion
and eigenstructure assignment design techniques were applied on nonlinear F-16 aircraft dynamics. Nonlinear
dynamic inversion control law was designed in two steps. The first step is the inversion of slow dynamics; the second
step is the inversion of fast dynamics. Inversion of the fast dynamics was based on the aerodynamic database of F-16
aircraft. Eigenstructure assignment is a linear multi input control technique. However the longitudinal motion of F-16
simulation model is controlled by the elevator only, therefore the longitudinal control design reduced to an
eigenvalue assignment problem. Lateral-directional motion is controlled by the aileron and rudder, so it was possible
to apply eigenstructure assignment technique. Eigenvalues of the closed loop lateral-directional control system were
placed in the desired locations furthermore the structure of the corresponding eigenvectors was shaped in order to
decouple the dutch-roll and roll-subsisdence modes.

A high angle of attack manoeuvre was simulated in Simulink by using the proposed control strategies and then the
simulation results were provided in a comparative fashion. Results show that as the angle of attack increases, the
eigenstructure assignment technique begins to fail, because it does not address the coupling problem of the
longitudinal and lateral dynamics of the aircraft. Nonlinear dynamic inversion shows great superiority at high angle
of attack regions, in addition the control power usage is more effective than the eigenstructure assignment.
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