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Abstract 
An in-house numerical heat transfer analysis tool, REGEN (REGENerative cooling analysis tool), 

for liquid rocket engine thrust chambers is developed for engineering design purpose in JAXA. This 
tool consists of quasi one-dimensional model for the coolant flow and three-dimensional heat 
conduction model to calculate thermal field inside thrust chambers using Nusselt-type correlation for 
hot gas side and coolant side heat transfer. This tool was validated by LOX/methane sub-scale hot 
firing test. The computed result showed good agreement with the measured data. However, the results 
strongly depended on the surface roughness in the cooling channels. As for the computational cost, it 
took only a few minutes for a single run about the LOX/methane cooled thrust chamber. As a result, it 
was confirmed that this tool has a potential to be a cost-effective design tool for predicting 
regenerative cooling performance. Some problems to be solved were identified so as to improve 
quantitative accuracy.  

1. Introduction 

Regenerative cooling is typically used in high pressure thrust chambers of liquid rocket engines in order to 
avoid thermal failures due to high heat load. The role of regenerative cooling in thrust chambers is to reduce wall 
temperature within a permissive level with minimal pressure loss in cooling channels. From the view point of engine 
cycle, heat pick-up in cooling channels is also essential to drive turbo-pumps especially for expander-type cycle 
engines like RL-10 series, VINCI, and LE-5B. Therefore, precise estimation of regenerative cooling performance has 
been a major issue in the design of regeneratively cooled thrust chambers.  

The thermal phenomena in thrust chambers involve interactions among a number of process including: 
combustion and expansion of gas inside a thrust chamber, heat transfer from hot gas to a chamber wall via 
convection and radiation, heat conduction inside a chamber wall and convection to cooling channels. In order to 
estimate regenerative cooling performance like heat load on the hot gas side wall, wall temperature, pressure loss and 
temperature gain in cooling channels, the modeling of the combustion flow inside a combustion chamber, the coolant 
flow inside cooling channels, and heat conduction in structure is important. And these models should be coupled and 
solved simultaneously.  

There are several methods from conventional 1D analysis based on Nusselt-type correlation to 3D CFD 
simulation [1-6]. Nowadays, 3D CFD simulation can be considered as the most effective approach to evaluate 
precisely regenerative cooling performance. The main advantage of 3D CFD is the universal character and the 
relative precision of the results compared to conventional analysis method. However, the simulation of the 
combustion flow or the coolant flow in thrust chambers by itself is still a challenging problem, because the computed 
results strongly depend on physical models like turbulence or combustion [7, 8].  And also, it usually takes a long time 
for a single run, and is not yet cost effective approach. On the other hand, for the purpose of optimization or engine 
system analysis, the fast and accurate estimation is indispensable. Therefore, the conventional analysis tool based on 
Nusselt-ype correlation is considered to be still useful so far for designers of liquid rocket engines. 
 In this study, a numerical heat transfer analysis tool, REGEN (REGENerative cooling analysis tool) is 
developed for optimal design of cooling channels and as a regenerative cooling module for an engine cycle analysis 
tool. It consists of quasi one-dimensional model for the coolant flow and three-dimensional heat conduction model to 
calculate temperature field inside wall using Nusselt-type correlation for hot-gas side and coolant-side heat transfer.   
In this paper, REGEN is validated by LOX/methane sub-scale hot firing test data, and computed results are 
compared to the measured data. The capability of this tool is also discussed. 



 

2. Numerical Modeling 

REGEN is a computer program for regenerative cooling performance analysis of liquid rocket engines. It is 
composed of three models for combustion flow, conduction in wall, and coolant flow in cooling channels. The detail 
of each model is described in the following sections.  

2.1 Coolant Flow 

The coolant flow inside cooling channels is modeled as quasi-1D flow. Regeneratively cooled thrust 
chambers have typically several hundred cooling channels in the circumferential direction. For the numerical proce-
dure, only one half of a cooling channel is calculated on the assumption that all cooling channels have the same re-
sult. A cooling channel is divided into a number of computational cells along the longitudinal direction, as shown in 
Fig. 1. The governing equations are the following mass, momentum, and energy conservation law: 
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where ρ, u, p, h are density, velocity, static pressure, and specific enthalpy respectively in a cooling channel. A is the 
cross sectional area of a cooling channel. x is the axial coordinate. Ff is viscous force due to wall shear stress. QLW is 
total heat transferred through the coolant side wall. Qf is energy loss caused by viscous force. The thermodynamic 
and transport properties of coolants like hydrogen, methane, oxygen, and ethanol is evaluated using look-up tables 
based on the NIST REFPROP [9].  
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 

The Reynolds number Re based on the hydraulic diameter in the cooling channels is within the turbulent 
flow regime (up to 107). Therefore, the Darcy friction factor fD,r is calculated using the explicit formula [10] of the 
Colebrook equation given by: 
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where ε and Dh are the surface roughness and the hydraulic diameter of the cooling channels. The subscript b means 
the bulk property of the coolant flow. Eq. (4) is valid for non-heated tubes. However, cooling channels in thrust 
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Figure 1: Numerical Model of a Regeneratively Cooled Thrust Chamber.  



 

chambers are heated asymmetrically by the combustion gas, which causes thermal stratification inside the channels. 
The thermal stratification strongly affects on the property variation and result in reduction of friction force in the 
cooling channels. Therefore, the following correction for the property variation proposed by Petkhov [11] is used: 
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where TLW and Tb are the coolant side wall temperature and the bulk temperature of the coolant flow. Rew is the 
Reynolds number based on the hydraulic diameter of the cooling channel and physical properties evaluated by TLW.  

Pressure drop due to sudden change of size in cooling channels like contraction or expansion is incorporated 
in Eq. (2) through the following equation [12]: 
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where ζ is the ratio of hydraulic diameter Dh,i/Dh,i-1. i denotes the computational node in a cooling channel, and i -1 
means the upwind position.  

The coolant side heat transfer in cooling channels of regeneratively cooled thrust chambers is generally 
evaluated by the following Nusselt-type formula: 

 
curvroughentscoolantcalcoolant NuNu ϕϕϕ,, =                        ・・・(7) 

 
where Nucoolant, cal is the local Nusselt number for calculation.  Nucoolant, s is the local Nusselt number for a straight 
smooth tube at fully developed conditions. ϕent, ϕrough, ϕcurv are correction factors accounting for entrance, surface 
roughness and curvature effects in the cooling channels, respectively. The straight tube Nusselt number Nucoolant, s is 
evaluated by Taylor eq. [13] combined with the correction for property variation in cooling channels by Hendricks [14]: 
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where Pr is the Prandtl number evaluated by bulk conditions. And β is the bulk expansion factor given by: 

 
( )
( )TTp

Tp
∂∂

∂∂
= ρ

ρ
β 1

                                                           ・・・(9) 

 
The entrance factor ϕent  is calculated by the following equation for 90 deg. bend entrance [15]: 

  

⎥
⎥

⎦

⎤

⎢
⎢

⎣

⎡
⎟⎟
⎠

⎞
⎜⎜
⎝

⎛
⎟
⎠
⎞

⎜
⎝
⎛+=

− 1.07.0

1
b

LW
ent T

T
D
sϕ                                     ・・・(10) 

 
where s is the distance from the starting point along a cooling channel.  

The roughness factor ϕrough  is determined by Nunner eq. [15] : 
 

( )

( )
ξ

ξ

ϕ

1PrRePr5.11

1PrRePr5.11

8
1

6
1

8
1

6
1

−+

−+
=

−−

−−

bbb

bbb
rough                        ・・・(11) 

for contraction 

for expansion 



 

where ξ is the ratio of the rough tube friction factor to the smooth one and given by :  
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The smooth tube friction factor fD,s is calculated by Nikuradse eq. : 
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The curvature factor ϕcurv is evaluated by Taylor eq [13]: 
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where rh is the hydraulic radius, and Rc is the radius of curvature. The sign (+) denotes the concave curvature and the 
sign (-) denotes the convex one. This effect is considerd only at the curvature region. 

2.2 Combustion Gas Flow 

Assuming a quasi-1D isentropic flow, local Mach number and static temperature of the combustion gas flow 
is calculated along the hot gas side wall at each axial location, where hot gas side heat flux is evaluated. The thermo-
dynamic and transport properties of the combustion gas are calculated by NASA CEA code (Chemical Equilibrium 
with Applications) [16, 17] incorporated into REGEN. The hot gas side heat transfer is given by the following formula: 

 
superinjBartzcalgas hh ϕϕ=,                                                ・・・(15) 

 
where hgas is the local heat transfer coefficient on the hot gas side wall of thrust chambers. ϕinj and ϕsuper are the 
empirical correction factors for the injector end effect and supersonic expansion effect, respectively.  

The local heat transfer coefficient is evaluated by Bartz eq. as follows: 
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where CBartz is the heat transfer coefficent, which is generally set to 0.026 proposed in the original paper [18]. D is the 
diameter.  μ and Cp are the viscosity and the specifitc heat at constant pressure, respectively. Pc and Tc is the 
combustion pressure and temperature. c* is the characteristic velocity. rc is the throat radius of curvature. A is the 
cross sectional area. TGW is the hot gas side wall temperature. γ  is the specific heat ratio. M is the Mach number. The 
subscripts 0, t, x are the stagnation, the throat, and the local conditions, respectively. σ  is the correction factor for 
property variation across the boundary layer. ω is typically set to 0.6.  

The injector end effect ϕinj  is an empirical function accounting for the increase of local hot gas side heat 
transfer due to the development of the boundary layer and the flame along the axial direction in the combustion gas. 
And this is modeled as follows [19]: 
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where xc is the distance from the injector face plate, and cx is the normalized one. Ur is the velocity ratio of the 
propellant injections. Dc is the diameter of the cylinder part of thrust chambers. N is the number of injector elements.   

The correction factor ϕsuper is an empirical function of local Mach number for supersonic expansion region. 
The original Bartz eq. generally overestimates heat flux in the region downstream the throat [19]. The effect of this 
correction factor is to lower heat flux there. On the other hand, in some cases, Mayer eq. [21] can produce better 
solution compared to equation 15 for a supersonic expansion region. Mayer eq. is derived from a approximate 
solution of energy-integral equations for the bounday layer and given by the following formula: 
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where B and b are the semi-empirical Blasius parameters, those values are listed in Table 1. U is the velocity. Tad is 
the adiabatic wall temperature. θ is the viscosity-temperature exponent. T* is the reference temperature. The sub-
scripts ∞, 0, e, and x are the free stream, the stagnation, the exit, and the local conditions, respectively. s is the 
longitudinal coordinate with origin s = 0 at the injector, and r is the radius of rotation at the coordinate s.  
 

Table 1: Semi-empirical Blasius Parameters 

Flow in boundary layer b B 
Laminar 1/2 0.332

Turbulent 1/5 0.0296

2.3 Heat Conduction in Wall 

The wall structure is thermally coupled to the thermal field of the cooling channel flow. The 3D heat 
conduction equation is solved by the finite volume method using the structured grid system, as shown in Fig. 2. The 
governing equation is given by: 
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where ρW, CW, and TW are the density, the specific heat, and the temperature of wall. V is the volume of a control 
volume. S is the surface area of a cell interface. For numerical procedure, the left hand side in eq. (20) can be set to 
zero since a steady state solution is only taken into account. The systems of algebraic equations of temperature are 
solved by an iterative method, Bi-CGSTAB [21].  

2.4 Overall Numerical Procedure 

 The Flowchart of the overall numerical procedure in REGEN is shown in Fig. 3. After initial setting, the 
program marches along the coolant flow direction. At each node, the hot gas side and the coolant side heat transfer 
coefficients are calculated.  Then, velocity, static pressure, and specific enthalpy are renewed solving equations (1), 
(2) and (3) from one node to another. 3D wall temperature distribution is calculated solving eq. (19) with Bi-
CGSTAB. The procedure described above is to be repeated iteratively until the solution is converged.  



 

 
 
 
 
 
 

 
 
 
 
 
 
 
 
 
 
 
 
 
 

 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 

3. Results and Discussion 

In this section, the application of the newly developed tool described above, REGEN, to sub-scale thrust 
chambers is presented. In order to validate the capability of REGEN, numerical simulations for LOX/methane sub-
scale thrust chambers with multi-injector elements were performed. Two cases were selected. Firstly, the simulation 
for a LOX/methane sub-scale water-cooled calorimeter chamber was carried out to validate the hot gas side heat 
transfer prediction. Secondary, one for a liquid methane cooled thrust chamber was conducted to validate the coolant 
side heat transfer and the coolant flow prediction. These simulations and hot firing tests were conducted under the 
conceptual design study of a LOX/methane regeneratively cooled engine in JAXA. [22] In the simulations, the carbon 
deposition on the hot gas side wall and the coke formation on the coolant side wall are not taken into account for 
simplicity.  
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Heat Flux through 
hot gas side wall：qGW
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Figure 2: 3D Heat Conduction Model. 
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Figure 3: Flowchart of Overall Numerical Procedure. 



 

3.1 Validation of Hot Gas Side Heat Transfer 

The hot firing test for the LOX/methane sub-scale water-cooled calorimeter chamber was carried out to 
investigate the hot gas side heat transfer characteristics at JAXA/Kakuda Space Center in 2007. The typical 
specifications are presented in Table 2.  

The hot gas side heat flux was calculated by the original Bartz eq.(eq. 16) and the modified one (eq. 15) 
using two values of CBartz, 0.026 and 0.023. The result calculated by Mayer eq. (eq. 18) is also plotted. The example 
of computed results were shown in Fig. 4, and compared to the experimental results. Near the face plate, the 
modified Bartz eq. (eq. 15) shows good agreement compared to the original Bartz eq. This indicates that the 
correction factor ϕinj predicts well the development of the boundary layer along the wall and the flame inside the th- 
rust chamber. The Mayer eq. overpredicts wall heat flux there, producing considerably high value at the face plate. 
This is because the denominator of eq. 18 is nearly zero due to integration by s. In the region downstream of the 
throat, the original Bartz eq. overpredicts wall heat flux, and the modified Bartz. eq. underpredicts it a little. On the 
other hand, the result of Mayer eq. is in a better agreement. Regarding the value of CBartz, 0.026 predicts well heat 
flux peak, but overpredicts heat flux on the cylinder section, from x = -0.23 to -0.1. On the contrary, 0.023 shows a 
good agreement on the cylinder section, although the heat flux peak at the throat is underestimated. The result 
described above indicates that the hybrid method using the modified Bartz eq. and the Mayer eq. can predict hot gas 
side heat flux well. In the following section, the modified Bartz. eq, in which CBartz is set to 0.023, is used from the 
face plate to the region near the throat. In the supersonic region, the Mayer eq. is used. The switching between two 
equations is simply done as follows: 
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Table 2: Specifications of Water-cooled Calorimeter Chamber. 

Chamber Pressure 5.85 MPa
O/F(mixture ratio) 3.3 
c* efficiency 0.92 
Throat diameter 28 mm 
Number of injector elements 20 

 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 

3.1 Validation of Coolant Side Heat Transfer and Coolant Flow  

The hot firing test for the sub-scale liquid cooled thrust chamber was also conducted to investigate the 
coolant side heat transfer characteristics at JAXA/Kakuda Space Center in 2007. The thrust chamber consists of a 
copper inner liner with 66 milled cooling channels, a copper electroforming layer and a stainless steel outer shell. 
The injector head is composed of 20 injector elements. The typical specifications are presented in Table 3.  
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Figure 4: Hot Gas Side Wall Heat Flux. 



 

Table 3: Specifications of Liquid Methane Cooled Thrust Chamber. 

Chamber Pressure 5.96 MPa 
O/F(mixture ratio) 3.6 
c* efficiency 0.90 
Throat diameter 28 mm 
Number of injector elements 20 
Number of Cooling Channels 66 
Coolant  Liquid methane
Coolant inlet pressure 8.28 MPa 
Coolant inlet temperature 119 K 
Coolant mass flow rate 1.05 kg/sec 

 
 The total and the static pressure distributions in the cooling channels are plotted in Fig. 5. The position of 
the throat corresponds to x = 0 in the horizontal axis. In order to investigate the influence of surface roughness in the 
cooling channels, 4 and 35 micron are used for simulations. The results indicate that the pressure profile strongly 
depends on the surface roughness. 4 micron is selected to match pressure loss inside the cooling channels with the 
measured data. 35 micron is an averaged value measured after hot firing tests. The total pressure decreases 
monotonically along the cooling channel. On the other hand, static pressure decreases steeply near the throat, which 
is caused by the increase of coolant velocity due to reduced size of the cooling channels there.  
 Figure 6 shows the coolant static temperature distributions. The results indicate again that the surface 
roughness in the cooling channels strongly influences on the temperature profile, especially from the upstream of the 
throat to the nozzle exit. The slope of the profile for the 35 micron case in this region is smaller than that for the 4 
micron case. This is due to the specific heat at constant pressure steeply increased in the cooling channels, which is 
shown in Fig. 7. Near the throat, the static pressure and temperature for the 35 micron case are closer to the critical 
point of methane, 4.60 MPa and 190.56 K, which results in larger specific heat at constant pressure due to the near-
critical behaviour of methane compared to the 4 micron case. Such large specific heat at constant pressure for the 35 
micron case reduces the gain of static temperature in this region. 
 Figure 8 displays the wall temperature contour plot for the 4 micron case. For purpose of visualization, the 
computed result of one cooling channel is copied in the circumferential direction. The maximum wall temperature 
can be seen on the hot gas side wall near the throat. The wall temperature globally increases along the combustion 
gas flow. Wall temperature contour plots in the cross section at the throat are shown in Fig. 9. The large temperature 
gradient in the radial direction can be seen between the hot gas side wall and the coolant side lower wall. The results 
of the 4 micron and the 35 micron cases are almost the same in this axial position. Figure 10 is the wall temperature 
distributions on the hot gas side wall, the coolant side lower wall, and the coolant side upper wall in the axial 
direction. The measured temperature in the copper inner liner and the copper electroforming layer is also plotted in 
this figure. The maximum wall temperature is observed on the hot gas side wall at the throat. Wall temperature 
profiles depend on the surface roughness. The wall temperature for the 35 micron case is globally lower than that for 
the 4 micron case. This is because the surface roughness enhances the heat transfer on the coolant side wall and 
reduces wall temperature. The computed wall temperature agrees well with the measured one in the copper inner lin- 
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Figure 6: Coolant Temperature in the Cooling Channels. Figure 5: Coolant Pressure in the Cooling Channels. 



 

 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
er and the electroforming layer. However, it should be noted that the current numerical model is based on the 
homogenous flow assumption in the cross section and can underestimate wall temperature, because the thermal 
stratification effect is not taken into account. In reality, inhomogeneous temperature distribution in the cross section 
occurs and acts like a thermal barrier between the coolant side wall and the coolant core flow, which degrades the 
heat transfer and causes higher wall temperature.[4]  
 Regarding the computational cost, it takes about 5 minute for a single run for this sub-scale liquid methane 
cooled thrust chamber, using 1 CPU of Xeon 3.0 GHz. From the viewpoint of the engineering design, it is clear that 
REGEN has a potential to be a cost effective tool for regenerative cooling performance analysis.  

4. Summary and Future Works 

A numerical heat transfer analysis tool, REGEN, is developed for engineering design purpose. It consists of 
quasi one-dimensional model for the coolant flow and three-dimensional heat conduction model to calculate 
temperature field inside wall using Nusselt-type correlation for hot-gas side and coolant-side heat transfer.  In order 
to validate the capability of this developed tool, numerical simulations were performed for LOX/methane sub-scale 
thrust chmabers. As for the hot gas side heat transfer prediction, computed heat flux distribution agree well with the 
result of the water-cooled calorimeter thrust chamber. Combined method with the modified Bartz. eq. and Mayer eq. 
shows better agreement. Regarding the coolant side heat transfer and the coolant flow prediction, the computed 
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coolant pressure and temperature as well as wall temperature agree well with the experimental results of methane 
cooled thrust chamber. However, the results strongly depend on the surface roughness in the cooling channels. For 
now, surface roughness tuning is required to match the pressure drop in the cooling channels with the measured data. 
This tool only takes about several minutes for a single run to be complted. As a result, it was confirmed that this tool 
has a potential to be a cost-effective analysis tool for predicting regenerative cooling performance. 

Further improvements are expected for quantitative accuracy. The surface roughness effect on coolant friction 
force should be upgraded in order to remove parameter tuning about pressure drop in the cooling channels. Thermal 
barrier effect due to thermal stratification in the cross section on coolant side heat transfer is expected to be 
introduced for more precise thermal field prediction. In addition, non-uniformity of hot gas side heat flux in the 
circumferential direction, pressure drop between a manifold and cooling channels, and radiation heat transfer to wall 
from the combustion gas should be taken into account for better precision. 
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